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of Oscillating Airfoils in Supersonic Freestream

C. H. Wang,* D. K. James,* D. D. Liuf
Arizona State University, Tempe, Arizona
and
K. Y. Fungt
University of Arizona, Tucson, Arizona

Nonlinear transonic/supersonic flows over an airfoil are studied comparatively using two computational

codes, AZTRAN and TMOC, based on the small-disturbance theory. While AZTRAN is unified for all Mach

numbers in the transonic regime, TMOC is restricted to the shock-attachment case. Computed results are verified
with each other and with those of the ATRAN2 code, the linear theory, and other data whenever appropriate.
Cases studied include inverse airfoil design, computation of pressure for an airfoil in pitching oscillations, and
calculation of stiffness and damping moments. Finally, calculations of bending-torsion flutters according to
linear and nonlinear theories are presented for a sharp and a blunt-leading-edge airfoil. Our findings indicate that
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the nonlinearity plays an essential role in this transonic regime.

Introduction

ODERN fighter aircraft are susceptible to aeroelastic

instabilities in the low supersonic flow regime, i.e., 1.0
=M, < 1.5. When in maneuver at low altitude, the aircraft
considered could be endangered by possible wing/tail or con-
trol surface flutter within its design flight envelope in this
range.

Available measured data in this flow regime is rather lim-
ited. Because of the nonlinearity in this flow regime, only a few
unsteady aerodynamic methods appear to be suitable for per-
forming aeroelastic analysis, either in two or three dimensions.
Although current supersonic panel methods such as Ref. 1
could yield accurate predictions in the supersonic regime, it
might yield unsatisfactory results for thick airfoils in this non-
linear flow regime. Also, other earlier research efforts in the
same flow regime were inconclusive (e.g., Refs. 2-5).

In recent years, almost all ongoing research efforts in un-
steady transonics were focused on the subsonic freestream
side. Little attention was given to its supersonic counterpart.
For example, much research effort was devoted to the develop-
ment of the XTRAN3S code for Mach numbers below 1. To
address the aeroelastic concerns of fighter aircraft, it is essen-
tial to bridge the unsteady aerodynamic methodology from the
subsonic regime through the supersonic regime.

The present work involves the investigation of the unsteady
aerodynamic characteristics for several oscillating airfoils in
this nonlinear supersonic flow regime. The objective of the
present study is-twofold. First, we present our newly developed
two-dimensional transonic methods in this flow regime. Sec-
ond, we provide a comprehensive study of existing two-dimen-
sional approaches in order to validate the existing computer
codes, as well as to establish benchmark checks for the later
three-dimensional development. In fact, such a two-dimen-
sional development forms the basic building block for our
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eventual three-dimensional unsteady transonic development,
whose subsonic freestream counterpart, known as the tran-
sonic equivalent strip (TES) method,%7 has claimed much suc-
cess in recent years.

Present Developments
Development of AZTRAN

The unsteady transonic code AZTRAN was developed for
the subsonic freestream Mach numbers by Fung?®® at the Uni-
versity of Arizona and by Liu et al.” at Arizona State Univer-
sity in extending it for unsteady three-dimensional computa-
tions. In the present work, AZTRAN is generalized to allow
for supersonic freestream Mach numbers.

Earlier development of the ATRAN2 code by Goorjian and
his associates at NASA Ames Research Center also has the
unified feature of treating subsonic/supersonic flows.* Both
the AZTRAN code and the ATRAN2 code are based on the
framework of the LTRAN2 code developed by Ballhaus and
Goorjian.°

Other works in extending LTRAN?2 to the higher frequency
range include the GTRAN!! and XTRAN2L.!%13 The latter
work also provides a unified scheme for computations of sub-
sonic/supersonic flows. However, in these works thorough
assessment of the high-frequency effects appears to be lacking.

The governing equation for AZTRAN and ATRAN2 are
basically the low-frequency transonic small-disturbance equa-
tions (TSDE), namely,

(ME~1) + (y+ DM2, )b — bz, —2M2y, =0 6))

However, AZTRAN has several improved features over
ATRAN2:

1) Pressure input. The TES method is known for its effi-
ciency and cost-effectiveness for the computation of unsteady
transonic three-dimensional flow for wing planforms.%’ Es-
sential in the TES method is that steady pressure inputs are
required, instead of the given wing-thickness distribution, for
obtaining equivalent airfoil sections along the wing span. A
design option in AZTRAN is therefore required in order to
perform for the inverse airfoil design. For this purpose, an
IAF2 scheme (Inverse AF2) was developed for inverse airfoil
design. According to Fung and Chung’s procedure,? the IAF2
scheme is now unified to include supersonic freestream cases
based on the TSDE. The scheme obtains the steady flowfield



100 WANG, JAMES, LIU, AND FUNG

and a related equivalent airfoil slope corresponding to a given
steady pressure distribution provided either by measurements
or by other computational means. This way, the accuracy of
the steady mean flow on which the unsteady disturbances
propagate is not affected by the small-disturbance and the
inversed assumptions. For example, with the design option,
AZTRAN can input the shockless pressure distribution of a
supercritical airfoil and yield accurate unsteady flow results.
Without this option, other codes using TSDE as mentioned
above would result in erroneous predictions in both steady and
unsteady shock locations.

2) Characteristics far-field condition. Several options exist
in AZTRAN in coping with the proper far-field boundary
condition. In particular, an interpolated characteristics bound-
ary condition was implemented in the supersonic far field.

0.03

0.00

-0.03

REAL Cp

-0.06

-0.09¢

i ———

NACAOQOI12

-0.12 L ' ' '
-03 00 03 06 09 I2

x/c

J. AIRCRAFT

Let j = J be the far-field boundary line in the z direction. A
grid aspect ratio A is introduced, i.e.,

\ AZ ME-1)
AX;
where AZ; and AX; are the height and the width of the grid
spacing. When aligned with the characteristic direction, proper
values of ¢ at the far-field boundary j =J can be evaluated
according to the following interpolation scheme, i.e.,
@iy =(1—=Néis-1+Mi_1,5-15 for A<l (22)

ANy =A—Ddiry + im15-15 for A>1  (2b)
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Fig. 1 In-phase and out-of-phase pressures of NACA 0012 airfoil (upper surface). Pitching oscillation about the quarter-chord at Mach number
« = 1.05 and reduced frequency &k = 0.5. ({}: present AZTRAN;——: ATRAN?2 code.)

“Leaking”
Characteristics

Shock Wave ’0’0:
(>

o
Ao
0900000 %%
100099.909.9.9.9
RRABXIKXLHK
)
(BRI
QXIS
KRR

&
R
RO

LOOOKIKERX >
’0’0:0‘::“‘%’

Second Reflection of
First Characteristics

7
PRRE
DO
':‘:’E:"o’
0o
002020

b)

Fig. 2 Characteristics meshes at M = 1.37 for a 6% parabolic arc airfoil: ) CASCADE code, and b) TMOC code.
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Fig.3 Comparison of unsteady pressure results based on the CASCADE code and the TMOC code at near-detachment Mach number M = 1.37
and reduced frequency k = 0.1 for a 6% parabolic arc airfoil pitching about the quarter-chord.
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Fig. 4 Comparison of in-phase and out-of-phase pressure for a 6%
parabolic arc airfoil using two nonlinear methods. Pitching oscillation
about the quarter-chord at reduced frequency k& = 0.2 for cases: a)
My =1.45; and b) M = 1.55. (-o-: present AZTRAN; 4: present
TMOC.)

Thus, the reflective waves can be effectively eliminated at the
far-field boundaries.

We found that this procedure leads to a more rapid conver-
gence for shock-attachment cases than using the far-field al-
gorithm proposed by Chow and Goorjian.* For a typical case,
AZTRAN requires 80 CPU seconds in an IBM 3081, whereas
ATRAN2 requires nearly three times as much.

3) Grid spacing. Ordinarily, AZTRAN adopts a grid system
with 103 points in the x direction and 97 points in the z direc-
tion. The computational domain is confined to one between
176 chords upstream from the leading edge and 185 chords
downstream from the trailing edge in the streamwise direction,
and 398 chords each above and below the airfoil in the trans-
verse direction. The airfoil is represented by a slit, along which
23 grid points are distributed in nearly equal spacing. Outside
of the airfoil slit, the grid spacing in the streamwise direction
is assigned by a mild stretching according to a spacing ratio
Axi/Ax;, 1= 1.2 ~ 1.4. Gradual stretching of the mesh size
from the slit to the lateral far field, similar to the ZMESH
assigned in ATRAN?2, is adopted in the transverse direction.

In so doing, AZTRAN captures the proper leading-edge
behaviors for in-phase and out-of-phase pressures, whereas
ATRANR2 results show highly oscillatory behavior there for a
NACA 0012 airfoil (see Fig. 1).

Development of TMOC

Based on Teipel’s original work in nonlinear method of char-
acteristics, 4 Platzer and associates developed the CASCADE
code for treatment of oscillating cascades in nonlinear super-
sonic flow with attached shock waves.!>!¢ Their method con-
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sists of solving the steady and the time-linearized unsteady
TSDE in a sequential manner.

To solve for the steady TSDE, the nonlinear characteristics
and compatability relations are employed, i.e.,

dy _ _1_
(5.4

Here, the dual sign represents the right and left running char-
acteristics along which A2 + u = constant, and

A=M2—1+ O+ DM2doy, p=3/20+ DM2%¢,,
With given initial data, a steady flow can be solved very
rapidly. The nonlinear characteristic grid system is then fixed
and ready for unsteady flow computations.

Our present efforts in improving the CASCADE code in-
clude the following:

1) Pressure input. An inverse airfoil design option has also
been developed to adopt any given pressure distribution as an
input. The pressure coefficient is related to the streamwise
velocity by the familiar formula, ¢,, = —C,/2, on the body
surface, and the body slope is obtained by the flow tangency
condition, i.e., f'(x) = ¢,; at z = 0. Thus, an equivalent air-
foil can be generated accordingly.

2) Near-detachment computations. Because of an improper
formulation of the characteristic reflections along the shock
front, the CASCADE found to produce oscillatory pressures
at the near-shock-detachment Mach numbers. To remedy this
deficiency, the present improved formulation requires one to
impose a ‘‘no-leak’’ condition on the shock front. The no-leak
condition requires that all left-running characteristics are al-
lowed to reflect from the shock boundary only once, except the
first characteristics, originating from x,, whose second reflec-
tion arrives precisely at the trailing edge (see Fig. 2). Hence,
the so-called ‘“mesh-closure’’ can be achieved at the trailing
edge.

To generate the characteristics mesh, two parameters must
be specified, namely, x, and A. The parameters x, and A
represent the location of the first characteristics downstream
of the leading edge and the increment indicating characteris-
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tics spacing, respectively (Fig. 2). The mesh-generation proce-
dure used in CASCADE!*!¢ only suggests using small values
of x, and A so long as they satisfy the mesh closure. But no
relation is provided for x, and A. However, following Chad-
wick’s selection rule of x, and A in CASCADE? is not suffi-
cient at the near-detachment Mach number. Such a selection
often leads to multiple characteristic reflections, all of which
must satisfy the mesh-closure condition., Consequently, the
majority of the left-running characteristics are found to
““leak’’ out of the shock point, hence the computational do-
main (see Fig. 2). The leak-out characteristics then carry incor-
rect values of N\ and p from the freestream, which results in
erroneous values in velocities # and v and thus the pressure
oscillation on the airfoil.

The no-leak condition imposed by the present method
amounts to a numerical process described as follows. An
iteration procedure is developed between the chosen parame-
ter x, and A, which is defined as

A=(x,—x;)/n

where 7 is the number of characteristics emanating from the
airfoil, and x; is the location of the first characteristics reflec-
tion on the airfoil. The value of x, is updated until the no-leak
condition is exactly satisfied. As a result, the pressure oscilla-
tion is then totally eliminated by this no-leak condition (see
Fig. 3). Extensive studies show that the improved code is a
robust one valid for any supersonic Mach number, so long as
the shock-attachment criterion is assured.

The improved code is called TMOC (transonic method of
characteristics). Both CASCADE and the present TMOC
codes are governed by the full-frequency time-linearized equa-
tion, i.e.,

(Mgo ~ Do — (v + I)Mgo(¢1x¢ox)x + ¢lzz

—2ikM2ié,, + k2MZp, =0 4)

where 8¢, = ¢ — ¢, and 8= 5,¢** with 5, being the amplitude,
and k& the reduced frequency based on the full chord. The
applicability of TMOC is therefore confined to shock-attach-
ment cases with small amplitude oscillation. Since the present
approach is formulated in characteristic coordinates, the grid
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Fig. 5 In-phase and out-of-phase pressures for a 6% parabolic arc
airfoil. Pitching oscillation about the quarter-chord at reduced
frequency k¥ = 0.2 and at various Mach numbers: a) M, = 1.05;
b) Mo = 1.15; ¢) Mo = 1.37; d) M = 1.45 (shock attachment); and ¢)
Mo = 1.55. (-o-: present AZTRAN; - linear theory/LPP.)
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Fig. 6 In-phase and out-of-phase pressure for a NACA 0012 airfoil.
Pitching oscillations about the quarter-chord at reduced frequency
k = 0.2 and at various Mach numbers: a) M = 1.05; b) M, = 1.15;
€) M = 1.37; d) Mo = 1.45 (shock attachment); and e) Mo, = 1.55.
(-o-: present AZTRAN; -A: linéar theory/LPP).

spacing and the flow solution should, therefore, be considered
as an exact formulation.

Cases of Shock Attachment: AZTRAN vs TMOC

To validate the AZTRAN in the realm of shock-attachment
Mach numbers, its results are compared with those of TMOC
for an oscillating parabolic-arc airfoil (6% thick) at two Mach
numbers. Figure 4 shows that the agreement between these two
unsteady results becomes closer as the freestream Mach num-
ber increases. This is expected since the transonic nonlinearity
gradually diminishes with increasing Mach number (also see
Figs. 5 and 6).
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Fig. 7 Inverse airfoil design using AZTRAN: steady pressure inputs
and equivalent airfoil pressure outputs for: a) a 6% parabolic arc
airfoil; b) a NACA 64A010 airfoil. (-o~: AZTRAN/analysis pressure
input; 4: AZTRAN/design equivalent airfoil output.)

Results and Discussion

Inverse Airfoil Design: Pressure Input .
In order to test the inverse airfoil design procedure, the
design option IAF2 scheme of the AZTRAN code is used to
compute the equivalent airfoil pressure outputs, as shown by
the open triangles in Figs. 7 and 8. The pressure inputs, as
denoted by open circles, are computed by the analysis option
of AZTRAN based on a 6%-thick parabolic arc airfoil and a
NACA 64A010 airfoil at M, =1.15. It is seen that slight dis-
crepancies are found at the detached shock location; however,
almost identical steady pressures are recovered on the airfoil
surfaces for both cases (Figs. 7 and 8). For unsteady pressure



104 WANG, JAMES, LIU, AND FUNG

computations, again good pressure recoveries are achieved ac-
cording to the equivalent airfoils obtained. These unsteady
pressure outputs are read from the fifth cycle of the airfoil
oscillation. v _
Next, the inverse airfoil design option of the TMOC code is
tested (Fig. 9). This time we use the steady pressure distribu-
tion measured by Lessing et al.!? at three spanwise locations of
a rectangular wing at M, = 1.3 as the pressure input, denoted
by open circles. It is seen that the TMOC inverse design option
results in excellent pressure output as denoted by the solid line.

Airfoils in Pitching Motions

Figures 4 and 5 show computed unsteady pressure distribu-
tion in the real and imaginary components of a 6% parabolic
arc airfoil and of a NACA 0012 airfoil in pitching oscillations.
In these figures, the AZTRAN results are compared with the
results generated by the linear pressure panel (LPP) method
based on the linear theory.!® Several observations can be made
from the present study.

First, the detached shock location approaches the airfoil
leading edge very rapidly as the freestream Mach number in-
creases starting from the near-sonic flow. Although the shock
remains detached at all Mach numbers for the NACA 0012
airfoil, the shock-attachment state for the parabolic arc airfoil
is reached rapidly as Mach number increases from 1.05to 1.37.

Second; for unsteady pressures to approach the linear re-
sults, overall agreement can be reached only if the local flow
becomes all supersonic, i.e., for shock-attachment cases only.
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However, such convergence behavior is not to be expected for
a blunt leading-edge airfoil such as the NACA 0012 airfoil (see
Fig. 6). Since the shock will remain detached from the leading
edge, there always exists a small, locally subsonic region in the
proximity of the leading edge. As a result, the flow there will
continue to affect the unsteady pressure leading to a slow,
nonuniform degeneération to the linear results.

Compa_rison with Measured Data

Figures 10 and 11 show a comparison between measured
data'® in the stiffness derivative C,,, and the damping-moment
derivative C,, of a pitching NACA 64A010 airfoil and the
computed results of AZTRAN. The pitching axis is located at
quarter-chord and the oscillation frequency is 70.6 Hz. It is seen
that fairly good agreements are found for both coefficients. It
is also interesting to observe that these derivatives are rather
insensitive to the changes in the Mach number considered.

Flutter Calculations

We have employed both AZTRAN and TMOC for flutter
analyses of two different airfoils. Cases of bending and torsion
flutters are studied based on the structural parameters given by
Isogai (case A of Ref. 20).

In Figs. 12 and 13 (Isogai’s case A), the elastic axis is located
half-chord upstream of the airfoil (a= —2.0) and the natural
frequency ratio is selected at w,/w,=1.0 such that flutter is
susceptible to occur. Other given parameters are the mass ratio
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Fig. 8 Inverse airfoil design using AZTRAN: unsteady pressures for: a) a 6% parabolic arc airfoil; b) a NACA 64A010 airfoil. Pitching
oscillations about the quarter-chord at Mach number Mx = 1.15 and reduced frequency k = 0.5. (-0-: AZTRAN/analysis pressure input; 4

AZTRAN/design equivalent airfoil output.)
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numbers. Comparison of computed results with measured data?ﬁ
( 0 : measured data; ——: present AZTRAN; ---: reduced frequency at
w=70.6 Hz.)

u =60, the static imbalance x, = 1.8, and the radius of gyration
r2=3.48 (notations based on Ref. 18). Two airfoils of equal
thickness are considered with the same structural parameters:
a 6% parabolic arc airfoil (Fig. 12) and a NACA 64A006
airfoil (Fig. 13). )

In Fig. 12, two sharp dips of the flutter boundary are
predicted in the upper transonic regime. The first dip occurs
around M, =1.37. We notice that the latter happens to be
near the attachment Mach number (M., = 1.37). No flutter is
predicted beyond M, =1.40. o

The TMOC result appears in fair agreement with that of
AZTRAN but shows a steeper flutter boundary. No flutter is
predicted before M, = 1.37 and beyond 1.38. There is a slight
deviation in the flutter-frequency prediction; however, the
flutter reduced frequency maintains in the neighborhood of
k=0.2.

In Fig. 13, a more severe flutter dip is predicted around
M,=1.1. The flutter speed rapidly increases thereafter until
no flutter is predicted around M, =1.50. Again, the flutter
reduced frequency stays within the proximity of k =0.2.

Computation Time

In running the AZTRAN code, we used typically 103 x97
grid points and 240 time steps for each cycle. Fourier analysis
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of pressure data is performed usually in the third cycle. Typi-
cally, it takes 100-500 iterations for detached-shock cases and
40-60 iterations for attached-shock cases in order to reach a
satisfactorily converged steady flow. On an IBM 3081, the
CPU time ranges from no more than 600 s to as few as 45 s,
respectively, for a complete steady and unsteady flow compu-
tation. However, as the freestream Mach number approaches
sonic, say 1.05, the number of iterations required for conver-
gence would increase to 2000. In this case, the CPU time
would increase to around 800 s.

By contrast, the TMOC code requires only a couple of
seconds in CPU time for a complete case of computation.
Since the formulation is exact and the grid points fixed except
in determining parameters x, and A, no further iteration is
needed.

Conclusions

Comprehensive studies of two developed transonic methods
for oscillating airfoils in the upper transonic Mach numbers
are presented. Both methods have the inverse airfoil design
option in that an equivalent airfoil can be generated according
to a given pressure input. Computed results of these methods
are verified with each other and with those of the ATRAN2
code, the linear theory, and measured data.

Based on our computed results; some conclusions can be
drawn. )

1) Clearly, the upper transonic dips in the flutter boundaries
have a definite relation to the shock patterns (attached or
detached). However, the detailed physical interpretation of
the transonic dips remains to be further clarified.

2) In the lower transonic range, the flutter results predicted
by the linear theory appear to be in fair agreement with those
of the transonic theory, as confirmed by the present study. By
contrast, our study shows that the flutter results based on the
linear theory are not reliable in the upper transonic Mach
number range, as they fail to predict the transonic dips. More
important, they become less conservative at the lower Mach
numbers (1.1-1.3).

Therefore, the present study warrants further investigations
in this upper transonic flow regime where the nonlinearity
plays an essential role in the unsteady aerodynamics. Further
experimental work as well as development of three-dimen-
sional computation methods in this area are recommended.
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